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EFFECT OF FUEL DENSITY AND HEATIRG VATUE ON
RAM-JET ATRPTANE RANGE

By Hugh M. Hennsberry

SUMMARY

An anelytical investigatlion of the effects of fuel density amnd
heating value on the c¢ruising range of a ram-jet alrplane was made. In
order to isolate fuel property effects ss much as possible, the optimum
compromlse between weight and efficlency was spproximated for the winsg,
engine, and fuselage. Fueléproperty effects are presented for the ophti-
mum designs thus obtalned. In additlon, the effects of several design
varigbles on ram-jet airplane cruising range sre presented for an alti-
tude of 70,000 feet and & Mach number of 3.5. The analysis included
Initiel cruise altitudes from 35,332 to 100,000 feet, Mach numbers from
1.5 to 4.0, and fuel densities fr G 200 pounds per cubic foot.
Results are based on an airplane initisl gross weight of 150,000 pounds
and a pay-load and conbtrols weight of 10,000 pounds.

The results indicate that with present-day knowledge of chemical
fuels, neither very high nor very low fuel densitlies have any advantages
for Yong-range flight. Aircraft range was most sensitive to changes '
in fuel density at low altitudes and high Mach numbers and the best
initial cruise conditione for meximum range were between gltitudes of
50,000 end 70,000 feet and Mach numbers of 3.0 and 4.0. In assessing
the relastive range potentialities of possible ram-Jet fuelr, it was
concluded that in splte of its high density, eluminum does not yield so
long a range as a hydrocarbon fuel. The most promising fuels investi-
gated for long range were the borohydrides and metallic boron. The
range potentiglities of the borohydrides and metallic boron were very
similar; any choice between them must be based on practical considera-
tione such as cost and ease of application. Aluminum-hydrocarbon slur-
ries were inferior to pure hydrocarbon fuels on a range basls and boron-
hydrocarhbon slurries were superior to pure hydrocarbons, approaching
the practical range potential of pure metallic boron (evalusted at
50 percent of solid-metal den51ty) It was concluded that the practical
difficulties assoclated with the use of 1liquid hydrogen cannot be Justi-
fied on a range Pasis, but if tactical considergtions predicate flight
at extremely high altitudes, liquid hydrogen must be considered &s a
possible fuel. The snalysis predicted a maximum relative range at an
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initial altitude of 70,000 feet and a Mach number of 3.6 when diborane
fuel was used. At this flight condition, diborsne exhibited a range .
advantage of 59 percent over the hyﬂrocarbon fuel and en advantage of
5 percent over pentaborane.

INTRODUCTION

The application of rem-Jet engines to long-renge supersonic air-
craft offers unique opportunities for the utllizetion of specilalized
fuels. The gbllity of the ram-jet engine to utilize a wide variety of
fuels, and the sensitivity of supersonic alrcraft performance to fuel
storage requirenents make the fuel_selection.problem for these conflg-
urations one of unusugl significance."

The range of any ailrcraft flight depends on the ratlo of the pro-
pulsive energy obtained from the fuel to the total drag of the airplane,
Because .the propulsive energy obtained from the fuel is directly pro-
portional to effective heating value (chemical heating velue times
combustion efficiency), and airplane drag increases with decreasing
fuel density, greatest range will result from a fuel having a high
effective heating value and a high density. ~Unfortunately, both of
these properties cannot be obtained simultanecusly with known chemical
fuels, and the manner 4in which a compromise is made in the selection of

a ram-jet fuel becomes of great importance in assessing the range poten-

tielitles of the ram-Jet airplane.

The nature of thls compromise between denslty and beatlng value is
discussed in reference 1. Inasmuch as the primary object of reference 1
is to study the effects of propulsion system and fllight speed on air-

craft range, ilts treatment of the effects of fuel properties was neces- .

sarily of a preliminary nature. No attempt wes made to adapt the air-

plane to each particular fuel 1ln order to fully explolt the combination -

of heating value and density peculiar to that fuel. Even go, lmportant
conclusions can be drawn from reference 1 in which it was epparent that
fuels other than comventional hydrocarbons mizst be included in a dis-
cussion of ram-jet range potentislitles. Furthermore, the sultability
of & particular fuel ta & spéclfic mission, that 1s, a particular com-
bination of range, Mach number, and altitude, suggests that it may be
desirable to. develop several ram—Jet fuels.

This report presénts the results of an andlysis, conducted at the
NACA Lewls laboratory, which investligates the effects of fuel heating
value and density on ram-jet airplane range in an attempt to broaden
understending of the fundsmental advantages or disadvantages of any
particular fuel. Any final evaluation of potentisl ram-jet fuels must
be based on cost, avallability, logistics, and other practlcal comsider-
ations in addltion to range. Thede practical ¢considerations are beyond
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the scope of the present snalysise; herein abttention is specificelly
directed toward the range potentlalities associasted with any combina-
tion of fuel density and heating value especlally as applied to long-
range supersonic misgiles. 'In order to generalize the study as much
as possible, fuel heating value and density are treated throughout as
independent varigbles. Actually, range 1s easlly shown to be directly
proportlonal toc effective heating value; thus 1t is convenient to pre-
sent the results as the dimensionless ratio between alrcraft range and’
fuel effective heating value _R/B. The anslysis therefore can spply to
any fuel by substitution of the values of effective heabting value and
density applicable to that fuel into the results presented herein.

Throughout the analysis, only design-point performence is con-
sldered and every component of the alrplane is aasumed to be specifi-
cally designed for each particular flight condition. In this way, fuel-
property effects are isolated as much as possible so that the results
mey reflect the fundsmental relationships between aircrsft range snd
fuel properties. Only cruise 1s analyzed; teke-off and climb are not
considered. =~ - AR o B

The analysis includes fuel densitles from 4 to 200 pounds per cubic
foot, Mach numbers from 1.5 to 4.0, and initial altitudes from 35,332
to 100,000 feet. Results are presented for an alrplane initial gross
welght of 150,000 pounds an& a pay—load and controls we1ght of
10,000 pounds. _

METHOD

Thé wide range of conditions included in the analysis msde the
assumption of flexible airplane and engine designs essential. There-
fore, the more important design parameters were not fixed, but were
optimized for each condition investigated so that the results would
reflect the effects of fuel properties without including the effects
of arbitrary design parameters.

The range of conditions investigated also resulted in airplene
configurations having very different physical. dimensions. The analy-
sis therefore included the effect of Reynolds number on skin friction
and allowance Was made for the effect of airplane 51ze on structural
welght, . o

Assumptions
A complete 1ist of symbols is given in sppendix A. Assumptions
describing the sercdynamics of the ailrcraeft components are listed in

gppendix B, and assumptions descrihing component weights are presented
in appendix C. _ .
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All assumptions were made so &s to represent long-range missile
design. A pay-load and controls weight of 10,000 pounds was assumed
and except for a detalled study of the effect of gross weight at a spe-
cific flight condition, an  initiael gross weight of 150,000 pounds was
used throughout. Crulsing range only was considered, and it was assumed
that the alrcraft was accelerated to cruising speed and altitude by rocket
boost or other.external means. Because only one gross weilght was con-
sidered, the boosting technigue at a single altitude and Mach number will
apply reasonably well to all fuels, only the physical dimensions of the
ailrcraft being altered by changes in fuel properties. Therefcore con-
sideration of boosting would not. alter comparisonsg at a single altitude
and Mach numbexr.. However, for different Mach numbers and altitudes,
.different boosting techniques must be assumed and cruising range for .
fixed sircraft gross weight, although unaffected by boosting considera-
tions, is & less valld criterion for comparisons bétween these differ-
ent-flight conditions. Booster. gross weilght, or booster complexity,
which is not considered herein, might have & significant effect on the
practical advantages of a particular flight condition as compared with
other flight conditions.

The crulsing range was estlmated according to the Breguet range
equation for which constant airplane 1lift-drag ratlo and constant thrust-
horsepower specific fuel consumption (lbs fuel/thrust hp-hr) throughout
the flight are assumed. Theoretically, this f£light plan can be nearly
realized for the ram-jet alrplane by holding flight Mach number and
engline temperature ratio constant and causing the gltitude to increase
as fuel is consumed so that amblent pressure varies directly with gross
welght. Except for Reynolds number effects this plan results in con-
stant angle of attack and constant alrplane lift-drag ratioc throughout
cruise and equllibrium flight under these condlitlons demands that engine
thrust very directly with ambient pressure.  Within the limits of the _
isothermel atmosphere; constant £light Mach number results in constant
flight veloclity and with constant engine temperature ratlo, engine _
thrust does vary directly with smbient pressure (Reynolds number effects
are neglected. agaln) Because ambient temperature is consgtant in the
1sothermal gtmosphere and s constant engine temperature ratio is
assumed, engine températures are.constant throughout the flight.

Except for combustion-efficiency and Reynolds number effects, constant
fuel-air ratlo and constant thrust specific fuel consumption result,

end with the constant flight veloclty; yleld constant thrust horse-
power specific fuel consumptlon as required by the Breguet formula.
Outside the lsothermal atmosphere, constant flight Mach number results
in a £flight velocity proportional to the squere root of amblent tempera-
ture, but constant engine temperature rstio still produces thrust
directly proportlonal to ambient pressure (Reynolds number effects belng
neglected) This variation of thrust again satlsfies the reguirements
for equilibrium flight at constant angle ¢of asttack and constant flight

r
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Mach number, and altitude must increase so that amblent pressure varies
directly with gross welght as 1t does for flight within the isothermsl
atmosphere. TFor the case of flight sbove or below the lsothermal atmos-
there, constant flight Mach number and constent engine temperature ratio
result in an engine fuel-air ratio directly proportionsl to ambient
temperature (except for combustion efficiency and Reynolds number effects
and the slight varistion in the thermodynamic properties of the working
medium with temperature and fuel-air ratio) Therefore the thrust spe-
cific fuel consumption of the engine will vary directly with the square
root of ambient tempersture, and since £light veloclty also varies as
the square root of ambient tempersture, the thrust horsepower specific
fuel consumption will remain constant as required by the Breguet formula.

Tnasmuch as no particular fuels were considered in analyzing the
engine performance, account could not be taken of the effect of combustion-
gas properties on the thermodynamic cycle. The products of combustion
therefore were assumed to be air.” The cycle was celculated with the
thermodynamic data of reference 2. No increese in mass flow across the
combustor due to fuel addition but simply an addition of heat was recog-
nized. (The effects of these assumptions are demonstrated in RESULTS
ANWD DISCUSSION.) The results of the cycle snalysls are expressed as
specific hest consumption N!' in Bbtu per second per pound engine thrust
minus drag. . :

A single sirplane configuration was assumed, having a triangular
Plen-form wing and a closed-body fuselage of the Haack class I specifi--
cations described in reference 3. The power ducts are mounted externslly
on the wing, and except for a detailed investigstion of the effect of
engine size at one flight conditlion, all engline performsnce calculgtions
were based on an englne having a combustlon-~chamber cross-sectlon sresa
of 10 square feet. The various fuel and £light conditions were assumed
satisfied by inetalling various numbers of these units.' This assumption
avoids the influence of scale effectis on engine welght and simplifies
the analysis considerably. Furthermore, the engine welght analysis
(eppendix C) indicated that a combustion-chanber area of 10 square feet
would be nesr the maximum size for minimum specific engine weight for
externally mounted engines. Holding engine slize constant results in
the assumption of & noninteger number of required engines. Actually,

e smsll change in engine size could be assumed sc as to reduce or ralise
the number to an integer. The scale effect associated with such a smsll
change In engline size would not have a significant effect on the results.

"No horizontal tail was assumed; the airplane center of grevity was
sssumed to be fixed during flight and the vertical tall drag was taken
a8 10 percent of wing zero-1ift drag. (These assumptions could also
represent a canard or other configuration in which the horizontal tall
hasg the same 1ift-drag ratioc as %he'wing.) Interference effects bebtween
the varlous alrcraft components were approximated by assuming that the
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1lift and drag of the portions of the wing blanketed by the engines and
fuselage were unaffected by the presence of the engines and fuselage.

In analyzing each component, only design-point performance was considered
and NACA standard atmosphere was assumed.

Optimization of Variables and Determination
of Range Parameter

As previously mentloned, the important ajlrplane-design parameters
wvere optimized at each initial cruilse condition in order to adapt the-
alrplane as much as possible to each combination of fuel density and
flight conditions. Three principal componente of the alrcraft were con-
sidered: wing, engine, and fuselage. At each flight condition and
fuel density, 1t was necessary to meke a compromlee between welght end
efficiency (either aerodynsmic or thermodynamic) in erriving at the best
component design. This compromlse was determined by applylng the assump-
tions of sppendixes B and C so.as to yield working curves relating
weight and efficlency for each of the three sirplane components. Wing
angle of attack, engine totel-temperature ratioc, and fuselage-fineness
ratio were independently varied in order to obtaln these welght- :
efficiency curves. Partial differentiation of the range equeation with
respect to each of the three independent varigbles then revealed the
point on the welght-efficiency curve for each component which resulted
in greatest sircraft range. Finally, application of the optimum desligns
thus obtained to the range equation resulted in the final range parameter
for each point analyzed. The detalled equations and procedure neces-
sary for the snelysis are presented in sppendix D.

RESULTS AND DISCUSSION

The principal results of the analysis are summarized in tgbles I
to IIT and In figure 1. These results are based on an inltlal gross
welght of 150,000 pounds and a pay-load and controls welght of
10,000 pounds and are presénted for four initial altitudes, 35, 332
50,000, 70,000, and 100,000 feet. Data for the maximized range analy-
gis from which the essential performance of ell the alrplane components
can be calculated are given in table I. Tables II and III present the
characteristice of the wing and engine at conditlons for maximum effl-
clency of each component.  The dimensionless range perameter as a func-
tion of fuel demsity for the several Msch numbers end altitudes included
in the analysis 18 plotted in Plgure 1 from data included In table I.

2534
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Effect of Fuel Density

Because the entire fuel load 1s carried ingide the Puselage in the
essumed alrplene configuration, fuel density effects are produced
through the fuselage drag and fuselage structural weight resulting from
the particular fuel load. TFuselage drag and fuselage structurasl weight
increase with increassing fuel bulk; therefore a decrease in fuel density
always reacts unfavorsgbly on alrcraft range as shown in figure 1.

The application of the curves of figure 1 to some specific ram-jet
engine fuels of current Interest is illustrated in the section entitled
"Application of Results to Specific Fuels." However, some general con-
clusions can be drawn from a sfudy of figure 1 without reference to
any speclfic fuels. The consistent shape of the curves of figure 1
Indicates that neither very dense nor very light fuels are likely to be
of great lmportance with regerd to range. In general, decreases in
fuel density below 30 pounds per cublc foot must be accompanled by very
substantial advantages in heating value in order to galn any range
advantage. The regpid rise in fuselage welght and fuselage drag accom-
panying reductions in fuel density below 30 pounds per cubic foot
reduces the range potential. For example, as fuel denslty is decreased
from 30 to 4 pounds per cubic foot; fuel bulk per unlt weight is
increased more than sevenfold. Even after optimizing fuselage-fineness
ratio, this decrease in fuel density results in a two- or threefold
increase In fuselage drag and fuselege weight. Both of these items
react unfavorgbly on range, reduclng the range parameter by 30 to
60 percent. Increases in fuel density gbove 100 pounds per cubic foot
offer little opportunity for increased range. Even an increase in
density from 100 to 200 pounds per cubic foot, which is beyond the
density of the heaviest fuels now under consideratlon, results in only
a 5 to 20 percent decreasse 1in fuselage welght and fuselage drag. These
reductions, in ‘turn, produce an aversge lncrease 1n range of only 7 per-
cent as figure 1 shows. According to existing knowledge of chemicel
fuels, an increase in fuel density from 100 to 200 pounds per cubic
foot will be sccompanied by a sharp reduction 1n fuel effective hesting
value; thus the limited range advantages of high denslty fuels are
apparent. :

A comparison of the various curves of figure 1 indicates that alr-
craft range is least sensitive Lo fuel density at high altitudes and
low Mech numbers. This insensitivity is apparent In the relastively

flat slopes of the curves representing the low Mach number and high-

altitude flight conditions, and can be explained by comsideration of the
effect of altitude and Mach number on the importance of fuselage weight
end fuselage drag. The low dynamic pressures associated with low-speed
and high-altitude operafion require a large wing in order to provide
adequate 1ift. Therefore, wing weight and wing skin area are both large
at these flight conditions. Fuseldge structural weilght is mainly a
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function of fuel weight and bulk and 1s not sensitive to changes 1n
flight conditions. -Fuselage drag is directly affected by changes in
flight conditions as it 1s proportlonal to dynamic pressure and there-
fore decreases at low Mach numbers and high sltitudes. All these fac-
tors react on the alrplene making wing weight and drag of major import-
ance and fuselage weight and drag of minor lmportance at low Mach numbers
and high altitudes, sc that aslrcraft range is least sensltive to fuel
density at these flight conditions.

The curves of figure 1 indlcate that considerable attentlion should
be directed towesrd fuel densities of approximately 35 to 60 pounds per
cubic foot because the slope of the curves changes most rapidly et
densities Just below these values.

Incidental Results

The very rapid deterioration of range with decreasing Mach number
below 3.0, whlch is characteristic of ram-Jjet alrplanes, ls demonstrated
in figure 1. The effect of altitude is less pronounced, but 1t is
apparent that as altitude 1is decreased below 50,000 feet or increased
gbove 70,000 feet, range decreases.

The altitudes of table I and figure 1 are the initial cruising
altitudes but because of the assumed Flight plan, the final cruising
altitudes will be somevwhat higher, depending on the fuel weight to
gross welght ratio. The exact relationship between initisl and final
crulse amblent pressure and fuel weight to gross welght ratio for s
constant Mach number Breguet flight path i1s

Pinitial = 1.
Prinel L1 - V¢

For example, for an initial crulsing altitude of 70,000 feet and a fuel
welght to gross welght ratio of 0.655, the final crulsing altitude will
be 92,300 feet. Most long-range flights starting et an altitude of
lO0,000 feet will cliwmb gbove the upper limit of the isothermal atmos-
phere (104,987 £t) during cruise. For such flighte, constant engine
tempersture ratio and constant f£light Mach number are maintained by
varying engine fuel-gir ratio directly with asmbient tempersture and the
Breguet range equation is still velid as previously explained.

The optimm wing, engine, spmd fuselsge performance for maximum
range listed in table I dlways otcurs at efficiencles lower than the
maximum possible for each component. Maximum efficiencies wilth corres-
ponding component weights are llsted for the wing and engine in
tebles IT and TII.  Minimum fuselage drag and fuselage welght for any

2334
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given condition can be calculated from the assumptlions described in
appendixes B and C. The extent to which the enslyticel method compro-
mised between welght and efficiency of wing and engine in order to achieve
maximum theoretical range is shown by a comparison of tables I, II,

and ITT. Meximum range occurred near maximum component efficiency in
all cases; however, important savings in wing snd engine welght were
realized by deviabting slightly from the maximum efficiency conditions.
Reductions in wing weight up to 23 percent and reductions in engine
welght up to 47 percent were realized by the optimization procedure with
corresponding sacrifices up to 10 percent in wing efficliency and up to
15 percent in engine specific heat consumption.

Fuselage-fineness ratlio for maximum range was far from the value
for minimum fuselage dreg in all cases. Fineness reatio for minimum
dreg per unit volume is spproximately 29 for the body éshepe assumed;
whereas optimum fuselage fineness ratio was less than 16 in all cases
as shown 1n table I. The extremely flat optimum of the fuselage drag
against fineness rstioc curve for fixed fuselage volume and the steep
slope of the fuselage weight agalnst fineness ratlo curve combilne to
produce this result.

Because the engine cycle analysis disregarded the effects of dis-
soclation and fuel addition, the range of optimum engine total-temperature
ratios shown 1n table I 1s lmportant. At only a few points 1s operation
extended into what might be called the rich fuel-ailr reglon. Maximum
final gas tempersture and maximum combustor hest sddition occur at an
altitude of 100,000 feet, Mach number of 4.0, and fuel density of
4 pounds per cubic foot, which is near the density of liquid hydrogen.
At these conditions, the optimum total-temperabture ratio is 3.35,
resulting in a combustor outlet tempersture of 5520° R. Neglect of
dissoclation phenomena in this case leads to sppreciable error, although
the error is not so great as might first be expected. The high flight
Mach number involved provides a large svailable expension ratlo at the
combustor exit and the assumption of complete expansion in the exhaust
nozzle which was employed throughout the analysls results in relatively
low exhsust exit static temperature. If equllibrium conditions are
assumed in the expansion process, much of the energy lost by dissocis-
tion in the combustor will become gveilable in the exhsust nozzle
through the re-a@ssoclation necessary to malintain chemical equllibrium
gt the lower temperstures. Thus, if equilibrium is maintsined in the
expansion process, the effects of dissoclation are minimized. The
effects of exhaust-gas dilution and fuel-welght addition are small for

hydrogen in any case. Even at the conditions cited, the fuel-air ratio

would be only 0.025 for an effective heating velue of 46,400 Btu per
pound, which is a representgbtive value for hydrogen. At an altitude of
70,000 feet, Mach number of 3.5, and fuel density of 50 pounds per cubic
foot (typical of a hydrocarbon fuel), optimum heat addition requirements
are less severe, being satisfied by a total-temperature ratio of 2.32
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as shown in tgble I. Pesak cycle temperature would be 3140° R and fuel-
alr ratio-0.030 for an effective heating velue of 16,800 Btu per pound
(chemical heating value of 18,650 times combustion efficiency of 90 per-
cent) The. effects of dissociation and exhaust-gas composition are
neglliglible in this case.

Fuel weight to initial gross welght ratioc listed in column 15 of
table I. 1s shown to be quite sensitive to changes in initial cruilse
altitude. This sensitivity 18 caused by the necessary incresse in wing
and engine welght as altitude is increased. The effect is mitigated
somewhat by the reduction in fuselasge welght accompanying a reduction
in fuel weight.

Engine specific heat consumption, shown in column 10 of tgble I is
the heat input in Btu per second divided by the engine thrust minus
nacelle drag. Multiplying the specific heat consumptlion by 3600 over
fuel effective heatling value 1n Btu per pound yields the engine specific
fuel consumption in pounds per hour per pound of thrust minus nacelle
drag. The number of engines required, column 11, is the result of fix- -
ing engine size at 10 square feet as explained previously, and is shown
to vary between 0.68 and 22.3. This range ls obviously outside prac-
tlical limitetions and can only be Justified by its simplification of
the analytical work. In the most interesting range of flight conditions,
thet is between 50,000 and 70,000 feet and between Mach numbers of 3.0
and 4.0, the required number of engines was more practical and ranged
from 1.24 to 5.87.

Detailed Investigetion for Altitude of 70,000 Feeb
and Mach Number of 3.5

An initlal cruising altitude of 70,000 feet and Mach number of 3.5
were selected for an Iinvestigation of the effects of severgl design var-
lgbles which could not be evaluated in the more genersal analysis. This
detailed investigation served to demonstrate the sensitivity of the
final results to changes in some af the principle assumptions. Except
where & parameter was deliberately varled over & range of values,
assumptions were ddentical with those used to obtain figure 1. No
attempt was made to re-optimize wing angle of attack, engine total-
temperature ratlo, and fuselage~fineness rabtio as each parameter was
veried. Instead, the optimum wvalues of these variables at an altitude
of 70,000 feet and Mach number of 3.5 as listed in ‘table I were accepted
and held congtant while the particular design variable being investi-
gated was varled through a range of wvalues. The deslgn variables
investigated were diffuser total-pressure ratio, combustion-chamber
length-diameter ratio, combustion-chamber area, airplare gross welght,
wing angle of attack, engline total-temperature ratio, and fuselage-
fineness ratio. Results are presented in figure 2.

PR
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The most important conclusions to be drawn from figure 2 are:
(1) Comperisons between verious fuel densities are not semsitive to
changes in the design varisbles investigated; and (2) the optimum com-
promises between welght and efficiency as determined by the methods of
gppendix D for the wing, engine, and fuselage were in good sagreement
with the true optimums as presented in figures 2(e), (£), and (g).

The effect of diffuser total-pressure ratio on range at the initlal
altitude of 70,000 feet and Mach number of 3.5 is shown in figure 2(a).
Tnesmuch as the effect of 1ip angie on nacelle drag is neglected in the
present analysls, figure Z(a) il1lustrates only the inbernal effects of
diffuser pressure recovery. Inlet geometry suitable for the achieve-
ment of very high diffuser total-pressure ratios would probebly have
0 incorporate high lip angles and at these conditlons the effect of
lip angle on nacelle pressure drag would he gppreclable. Even so,
the effect of 1ip angle on range would be negligible because nacelle
pressure drag 1s a small fraction of totel alrplane drag at the con-
ditions represented in figure Z(a). For example, at a diffuser total-
pressure ratio of 0.5 and a fuel density of 50 pounds per cubic foot,
nacelle pressure drag (neglecting any effects from lip angle} is 2 per-
cent of total airplane drag. Total-pressure ratios between 0.21 and
1.00 are included in the figure, the higher value corresponds to isen-
tropic recovery and the lower value represents normal shock and & sub-
sonic diffuser recovery of 0.9. -

Figure” Z(b) demonstrates that combustion-chamber length-diameter
ratio has a very minor effect on range. One of the most Important
effects of combustion-chamber length on engine performence and there-
fore on range 1s accomplished through the effect of length on combustion
efficiency and combustion pressure logses. Combustlon pressure losses
were assumed to be independent of combustion-chamber length for this
enslysis and combustion efficiency is included in the range parameter
R/B which is the ordinate of the figure. Therefore the curves of fig-
ure 2(b) illustrate only the external effects of combustion-chamber
length caused by variations in nacelle drag and engine weight, but their
flat slopes are of considerable interest since they demonstrate that
1little penalty would be incurred if combustion problems necessitabted
lengthening of the combustion chamber. Figure 2(c) demongtrates only
the external effects of englne size on range such as are produced through
engine specific welght and neglecis the effects of engine slze on
combustor and diffuser performance. The relative unimportence of engline
8ize as it might affect range through engine specific welght is shown
by figure 2(c) and Justifies the assumption of a fixed combustlion-chamber
cross-sectlon ares slze of 10 square feet which was made in the genersl
analysis. AdJustment of the englne size to some other value in order
to obtaln a practical number of engines will have 1ittle effect on the
results as shown by figure 2(c). In constructing the figure, equsa-
tion (C3) of appendix C was epplied without regard to minimum practical
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sheet-metal gages for engine fabrication. Appendix C demonstrates that
the sheet-metal gages at 10.square feet combustion-chamber area are near
the practical minimum. If the sheet-mstal gages were assumed to be the
minimom alloweble &t this point,. the curves of figure 2(c) would be
essentially horizontal to the left of 10 square feet combustion-chember
area. The decrease 1n range accompanying increased engine size illus-
trated in figure 2{c) is due to the fact that engine thrust is directly
proportional to combustlon-chember aréa vwhereass a portion of the engine
welght is proportional to combustlon-chamber area raised to the 3/2 power.
The increase 1n range accompanyling an increase in gross welight with fixed
pay-load welght is 1llustrated in figure 2(d). At the conditions ena-
lyzed, the increase in range with increasing gross weight is inltially .
very rapid, but eventuslly the benefits of increasing size become less
pronounced. One reason for. this effect can he found in the ‘adverse

scale effect included in the Wing weight equation. The necessity of
supporting the serodynamlc loads farther from the wing root resulits in
less favorsble wing weights, which are reflected in the fuel weight that
can be carried and ultimately in the range. A further reason for the
decreasing benefits of airplane size is the diminishing importance of

the flxed pay-load welght as it is gpplied to ever larger gross weilghts.

At the conditions analyzed, wing angle of attack and englne total-
temperature ratic have a minor effect on range (figs. 2(e) and (£)).
The . effects would be more pronowticed at higher altitudes and lower Mach
numbers because of the increased .importance of wing and engine perform-
ance at these condltions. Figure 2(g) shows that the effect of '
fuselage-fineness ratio on range is pronounced gt an altitude of .
70,000 feet and a Mach number of 3.5. Tor the fuel density of "50 pounds
per cubic foot, minimum fuselage drag would occur at a fuselage-fineness
ratio of about 29. The optimum fineness ratio for maximumm range is near
12 for this fuel density (fig. 2(g)). Extrapolating the data of fig-
ure Z(g) shows that range would be reduced approximstely 30 percent 1f
the fuselage were designed for minlmum drag in this case.

Application of Results to Specific Fuels

The general results presented were applied to, six potential ram-
Jet fuels in order to demonstrate some speciflc comparlsons obtainable
from the analysis. The six fuels selected were liquid hydrogen, liquid
diborane, liquid pentaborane, metallic. aluminum, metallic boron, and
MIL-F-5624A (JP-3 or.JP-4). Two sets of results were obtalned for the
metallic fuels, one set based on the full solid density of the metal
and the other set based on 50 percent of the sclid metal density. The
50 percent of solid density condition was included to allow for voids
and fuel-handling equipment and is intended to represent a practical
figure for. present-day sclid fuel storage and handling techniques. The
full metal density was included to illustrate results for the ultimate .
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possible achievement in efficlent fuel storage and handling techniques.
Results for the full metal denslty are also useful In estimating the
performance of metgl-liquid fuel slurries.

Some pertinent properties of the six fuels are given in the follow-
ing table: - - .

Fuel Phase |Heabing | Density Approximate bolling

velue |(1b/cu £t) point (OF)

(Btu/1b) Sea level | 70,000 £t
Hydrogen Liquid | 51,604 84 .43 a_424 2.435
Diborene |Liquid| 31,080 a35.0 8_134 2_209
Pentaborane |Liquid| 29,147 az8.1. 8118 ag
Aluminum Solid | 13,318 8168.6 | —m=-= | c-me-
Boron I18o1id | 25,120 | P144.0 | --mm= | cmeem
MIL-F-5624A  |Liquid | 18,652 48.1 {106 to 556[°-18 to 349
(dP-3 or JP-4)

8Reference 4.
eference 5.
CReference 6.

The heating values listed in the tdgble were calculated from the
data of reference 7. The fuel was assumed to enter the combustor at
77° F and metal oxides in the products of combustion (if present) were
assumed to be solids. No heat was diverted to heat the mass of the fuel
itsel? (or an equivalent mass of products) to combustor outlet conditions.
This labtter assumptlion was included to be consistent with the assumption
of zero mass-flow Increase across the combustor which was mentioned pre-
viously in the dlscussion of the cycle calculations. One important
property pertinent o0 any comparison of various fuels is the efficiency
with which the fuels can be burned in a practical combustion chamber at
the flight conditions under consideration. No attempt was made herein
to consider this fuel property; the compsrison between the six ram-jet
fuels was based on equel combustion efficiency for all fuels. Achleving
satisfactory combustion efficiency at the high altitude and low Mach num-
ber Plight conditions would probebly be difficult with some of the 2
fuels considered. Even eo, a comparison of the various fuels on the
assumption of equal combustion efficlencies is valusble as gn index of
the fundsmentel range relations assoclated wilth fuel density and
heating velue. Any refinement of these relations so as to include
combustion efficiency effects can be easily accomplished inssmuch as
alrcraft range 1s directly proportional to combustion efficiency.
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Although selection of the six fuels from the many which might be
considered for rem-jet spplication wass somewhat arbitrary, the follow-
ing reasoning was applied: Hydrogen was comneldered because 1t offers
a unique combination of heating value and denslty, +the borohydrides
were chosen over other hydrides- becanse of their outstanding range
potential; boron was included because of its greabt range potentlal as
compared with other solid fuels, Beryllium might merit equal consider-
ation with boron but its tox1city mekes it less desirable. Aluminum
was tsken as typical of fuels such as aluminum, magnesium, and: carbon;
MIL-F-5624A (JP-3 or ‘JP-4) was chosen as.a typlcal hydrocarbon fuel.

Results obtalned for the six fuels are presented in figure 3 as
range reletive to the range of MIL-F-5624A (JP-3 or JP-4) at 70,000 feet
and a Mach number of 3.5. On the basis of range, the most promising
fuels investigated were the borohydrides (diborane and pentaborane) and.
metallic boron. The range potentialities of these three fuels were
very similer; eny cholce between the three would have to be based on
practical considerations such as cost and easse of application.

The full-density and hslf-density curves of each of the metallic
fuels provide a convenient means of observing the effect of improvements
in so0lid fuel storage and hendling technigues. At no point does the
full-density curve for a particular solild fuel surpass the half-density
curve by more than 15 percent and at the more practical flight conditions
the improvement is less than 8 percent. Inssmuch as conslderable
refinement in technique 1s necessary even tc achleve performesnce halfway
belween the full-density end half-density curves, little or no Improve-
ment is to be expected from this source. This premise is a direct
result of the conclusion derived from figure 1, thet range 1s not sensi-
tive to improvements in fuel density above densities of spproximately
100 pounds per cubic foot.

In splte of its high density, eluminum did not yield as great a range
as the hydrocarbon fuel under any condition investigated (fig. 3). Even
the full-density aluminum curve is inferior to MIL-F-5624A (JP 3 or

-4) at all points. The performance of aluminim slurries in a hydro-
carbon base can be approximated by interpolatlng between the curves
representing MIL-F-5624A (JP-3 or JP-4) and full-density aluminum. The
range performance for such slurries will fall short of the range for the
hydrocarbon fuel at all conditlons because of the decreased heating value
avallsble from such slurries and the relative unimportance of the
increased density which they provide. The inferlior performance of
aluminum end magnesium fuels is limited to long-range operation. For
short-range ram-jet engine applications, especislly those requiring
high thrust output, the aluminum and megnesium fuels may be superior.

Boron-hydrocarbon. slurries offer incressed range as shown by inter-
polation between the MIL-F-5624A (JP-3 or JP-4) fuel and full-demsity
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boron curves of figure 3. At 70,000 feet and Mach number of 3.5, an

80 percent boron slurry would result in a relgtive range spproximately

as great as the pure boron fuel, provided the pure boron is evalusted

et a density equal to half the so0lid metal density. Successful gppli-
cation of an 80 percent boron slurry is somewhat beyond present-day tech-
niques; however, the comperison is of velue iIn pointing out possible
sdvantages which mey be derived from boron slurries.

The successful application of liquid hydrogen presents tremendous
practicel difficulties arising from the extremely low tempersature, high
pressure, or both necessary to maintain it as a liquid. In constructing
figure 3, no extra penaslties were applied to liguid hydrogen in order
to gllow for the weight and bulk of equipment necessary to guarantee
safe storage of the fuel during the flight. Therefore the results
presented in figure 3 are the most optimistic possible with regard
to liquid hydrogen and the difficulties inherent in its use cannot be
Justified on the basis of range. However, it is important to note that
at very high altitudes hydrogen is markedly superior to the other fuels’
end its range potential is only 15 percent less than the best range pre-
dicted for any other fuel at lower Mach number and gltitude. If tac-
tical considerations predicate flight at extremely high altitudes, liquid
hydrogen must be considered as a possible fuel.

Meximum relative range predicted in figure 3 was 1.59 for diborane
at an initial cruise altitude of 70,000 feet and Mach number of 3.86.
The results show a relative range of 1.51 for penteborane at these’
conditions.

CONCLUDING REMARKS

An anslysis was presented of the effect of fuel density and heat-
ing value on the cruising range of a ram-jet alirplane suitable for appli-
cation to long-range supersonic missiles. The analysis was based on an
alrplane initial gross welght of 150,000 pounds and a pay-load and
controls weight of 10,000 pounds. Only a sclid body fuselage and
externally mounted engines were considered. The followlng conclusions
were drewn from the analysis:

1l. Use of fuel densitles lower than 30 pounds per cubic foot will .
probably reduce alrcraft range because of the very rapid deterioration
of range with decreasing density below this value. Also, fuel densities
larger than 100 pounds per cublc foot are not desirable because of the
glow increase in range with increasing densitles above thls value. -Fuel
densities in the range of 35 to 60 pounds per cublc foot appear best for
long range missions.
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2. For a given heating value, alrcraft range is most sensitive to
changes in fuel density at low altitudes and high Mach numbers.

3. The Puels investigated which appear to offer greatest advantages
of range are the borohydrides (diborane and pentaborane) and metallic
boron. The range potentislitlies of these three fuels were shown to be
very similar; any cholce between the three would have to be based on
practical consideratlions such as cost and ease of application. '

4. The range potentialities of boron-hydrocarbon slurries are con-
siderably above the potentialities of pure hydrocarbon and may approach
the practical range potential of metallic boron (evaluated at 50 percent
of solid metal density).

5. In spite of its high density, eluminum did not yield as great
range as the hydrocarbon fuel and the range potentialities of aluminum
slurries in a hydrocarbon base are inferior to pure hydroca.rbon at a1l
conditions investigated. '

6. The practical difficulties assoclated with the uge of liquid
hydrogen csnnot be Justified on a range basis, bub if tactical consider-
atlons predicate flight at extremely high sltitude, liquid hydrogen must
be consldered as a posslible fuel.

7. Maximum range predicted by the analysis occurred at an Initlial
cruising altitude of 70,000 feet and a Mach number of 3.6. At these
conditions, the range of diborane relative to the hydrocarbon fuel was
1.59 and the relstive range of penteborane was 1.51.

Lewis Fllght Propulsion Laboratory-
National Advisory Committee for Aeronautics
Cleveland, Ohic
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APPENDIX A

SYMBOIS
The following symbols are used in this report:
frontal ares, sq £t
combustion-chember aresa, sq £t .
speed of sound, ft/sec
fuel heating value times conmbustion efficiency
skin friction drag coefflcient based on wetted area
wave drag coefficlent based on frontal srea
drag of aircraft component divided by aircraft gross welight
diameter

net thrust minus drag of all engines divided by aircraft gross

fineness ratlo

mechenical equivalent of heat, 778 ft-1b/Btu
constant

Mach number -

engine specific heat consumption, Btu/sec/lb thiust minus drag
static pressure, 1b/sq ft

incompressible dynsmic head, % pM?, 1b/sq £t
aircraft range

Reynolds number

wing area, sq ft e -
wetted area, sqg £t . --

engine specific weight, 1b engine/1b thrust minus drag
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V +  volume, cu £t~ - S - - . e e
W aircraft initial gross welght, 1b

W welght of aircraft .component divided by alrcraft initial gross
welght .- S . . .

X,¥ coordinate system for definition of fuselage shape and nacelle é::'
shell shape -~ . o - D . o ’ t\_L

o wing angle of attack, radians L S e
T ratio of speclfic hests for air . . ' } T
A length S - - I e
T engine total temperature ratic ' - I_ il .. DT T LL.ITER
p density, l'b/cu. i vl

Subscripts: R . Lo e e e : e
0 amblent free-stresm conditions R _ B
4 . diffuser ol T e T il TS0 el ) ST oniEe
e engline ST S . S L . i
el engine inner shell
£ fuel . . : ; - : e
H  class I Haack body- - : R - .
n .. nacelle . et LTl e il e meme
P pay-load and controls

8 fuselege . - - S - e oo L c e
t oglve ° . . o el o o — e

W wing and tall . .



veee

NACA RM E51L.21 o w ' 19

APPENDIX B
COMPONENT AERODYNAMICS

To facilitate the anslysis, the aircraft was divided into three
Principle components and the aerodynamics of each component were analyzed
geparately. Consistent (as possible) assumptions were applied. The
design-point performence of the complete alrcraft was then assumed equal
to the gum of the design-point performences of its component parts.

In general, serodynsmic forces were obtained from the literature
based on three-dimensional linearized theory originelly developed in
reference 8.

External skin friction drag was calculsted according to the follow-
ing equation:

(B1)

Equation (Bl1) was cobtained by use of the flat-plate formuls of
reference 9 in which the temperature of the boundary-layer air is assumed
to be the arithmetic mean of wall and free-stream temperature. Reynolds
number in equation (Bl) is based on free-stream conditions. In applying
the flat-plate formula of reference 9, the K appearing in equation (Bl)
was added to account for the effect of body geometry on skin-drsag
coefficient. In the present analysis, KX was taken as l 03 for the wing
and 1.05 for the nacelle and fuselage. .

Wing and Pail

In order to include the tail calculations with the wing calculations,
1t was assumed that tall performance wae a direct function of wlng
performance. No horizontal tall was assumed; the alrplane center of
grevity was assumed to be fixed durlng filight, and vertical tail drag was
assumed equal to 1Q percent of wing Zero-1ift drag. }

Geometry. - For maximum flexihllity, variable wing geometry could be
assumed and securing the most advantageous wing at each condition could
be accomplished by adjusting wing weight and wing efficiency through wing
geometry. No dttempt was made to do this in the present anelysis but
somewhat the same effect was achieved in a simpler manner by keeping wing
geometry fixed and adjusting wing welght and wing efficlency through angle
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of attack so as to achieve maximum range. The following fixed wing
geometry was assumed:

Plan form "\ . 0770 0 U0 L U T VTRV L T trlangular
Sechbion . « « + v i e e 4 4 ee e v e s ve e 4mwoe . o ¢ blconvex
Thickness ratio, percent . . « o ¢ ¢ v v e v & W7 e 0 e e e e e e 3%
Aspect ratio . v iUV T LT Y TRl T TR IaTELE e e el e e e T O
Maximum thickness point, percent of chord . . . . . « ¢« + « o« « « « 50

I1ift and drag. - The pressure drag of a blconvex airfoil at super-
sonic velocities is not easlly obtained by three-dimensional linearized
theory. Therefore, it was assumed that the pressure drag of the

3%—ﬁercent thick biconvex sectlon was equal to 1.3 ﬁimés the pressure

1
drag of a_5§hpercent_thick doublg-wedge_section.

Pressure drags for the double-wedge section vere obtained from
reference 10.

The pressure drags of wings of the type used herein, calculated by a
rational but lengthy method are presented in reference 11, which was pub-

lished after completion of the present analysis. A comparison of the
pressure drags celculated in the present analysis with the data of ref-
erence 11 reveals differences of less than 6 percent in all cases.

Skin friction drag was calculated by use of equation (Bl) with K
equal to 1.03 and Reynolds number based on the mean geometric chord.

Wing 1ift was obtained from reference 1l2. No leading-edge suction
wag assumed.

Engine External Flow

Geometry. - The geometry of the power duects 1s shown in figure 4.

This geometry was assumed throughout the analysis except for the detalled

study at one flight condition of the:effects of combustion chamber
length-diameter ratio.

As shown 1n figure 4, an over-all engine length of 9 combustion-chamber

diameters was assumed. The diffuser sectlon was 4, the combustion
chamber 3, and the nozzle sectlon 2 diameters long The entire englne.
duct was surrounded by a nacelle shell. For the boattalled nacelle

(necessary at low flight Mach number and smell heat addition), a nacelle
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shell diameter 1.2 timss the combustion-chamber dlameter was assumed. The
nacelle shell was assumed to be composed of two open-nosed tangent

oglves of egual lenghth, each consisting of a segment of a Haack class I
body. This body, originally proposed by Heack (reference 13), develops
minimum pressure drag for a glven enclosed volume and a glven fineness
ratio. The equation of the gilhouette of such & body, derived from

reference 3, is:
3/4
dn X\
y=(-§-)[1- ,%E)} (s2)

As flight Mach number or engine heat addition is increased, less boat-
talling 1s necessary end when the engine outlet diameter reaches 1.2 times
combustion-chamber diameter, the nacelle downstream ogive becomes a
cylinder and the shell may be described as a flared nacelle. For still
larger outlet diameters, the length of the cylindrical section is reduced
so that the diameter of the nacelle upstream ogive at the midpoint of the
nacelle is always at least 1.2 times the combustlon-chember diameter.

For highly flared nacelles (necessary at high flight Mach numbers
and large heet addition), the length of the cylindrical section diminishes
to zero so that the nacelle shell consists of a single open-nosed tangent
ogive consisting of a segment of the body defined by equation (B2).

Drag. - The nacelle pressure drag was calculateq by considering each
tangent oglve separately. It was assumed that the pressure drag of any
of the open-nosed ogives was equal to one-half the pressure drag of the.
Haack body of which it was a segment mnitiplied by 1 minus the ratio of
ogive minimin ares to ogive maximum area. Thls assumption Implies
that pressure drag 1ls proportional to net frontal area snd ogive pressure
drag is the same, regardless of whether the ogive is pointed upstream
or downstream. These assumptions are similar to those employed in -
references 1 and 14. Recent experimental results indicate that this
method of estimating nacelle pressure drag may lead to appreciable errors,
especlally for boattalled nacelles. However, the method is simple and
readily applied and nacelle drag is & small fraction of total airplane
dreg in most cases. For instance, the analyticel results showed that at
en altitude of 70,000 feet and a Mach number of 3.5 and for a fuel denslity
of 50 pounds per cubic foot the nacelle pressurs drag is only 2.0 percent of
total ailrplane drag; alrcraft range would be extremely insensitive to
changes 1in nacelle pressure drag Iin this case.  The optimum engine temper-
ature ratio for maximum range, which depends on the relation between
engine welght and engine thrust minus drag, would be somewhat more .
sensitive to changes in nacelle pressure drag.
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The. pressure drag coefficient of a complete closed body of the - T
agssumed shape, from reference 3 is:

2
9x
o = X (83)
8Ty
It was assumed that this equation described the pressure drag at a flight - _"éé?
Mach number of 1.5. At higher flight Mach numbers, the pressure drag 9

coefficient was empirically'deereased by applying the date of reference 15 - -
as suggested 1In reference 1. The cone pressure drag data of reference 15 = ™~
was plotted against cone angle and flight Mach number. The variation _
of pressure drag with Mach number was then cbtalned by defining an T
equivalent cone as that cone whose pressure drag at Mach number 1.5
according to reference 15 was egqual to one-half the pressure drag .
described by equation (B3). It was then assumed that the pressure drag .= .. _-_
of the body under consideration veried with Mach number in exactly the o
same manher as described in reference 15 for the equivalent cone just
described.

Because the analysis was ¢onfined to design-point conditions, no R
additive drag or base drag was assumed for the nacelle. The effect of h
lip angle on nacelle pressure drag was neglected becsuse the assumed =~~~ 70
schedule of diffuser pressure ratios could probsebly be realized by o
low-lip-angle inlet geometries and because the assumed nacelle shell N
oglve could tolerate some lip angle wWithout altering. external nacelle
geometry.

Nacelle skin friction drag was calculated according to equation (Bl)
with K equel.to 1.05 and Reynolds number based on the nacelle length.
Except for the detailed study at the specific flight condition of the
effect of engine slze, a single englrne slze of combustion-chamber crose- - T
section area of 10 square feet was assumed throughout the analysis. : '

-

The skin area of an open-ndsed tangent oglve of the type defined by .
equation (B2) can be" ‘obtalned by integration of & simple binomial ' .-
expansion. The result is:

By = mip g ‘:1+( 3/4)< C’w) u{fﬁ(;{é)oc&) . L

(-3/4)(1/8) (A3) /1) /2 2\ ]
(1) (2)(3) 7>CTE> oo -

(B4)
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Engine Internal Flow

The engine thrust was calculated by use of one-dimensional flow
theory. The working medium was assumed to be alr throughout the cycle
and thermodynamic data were obtained from reference 2, which includes
the effects of temperature on the properties of air of fixed composition,
but does not include the effects of dissociation. An inconsequential _
error is introduced in the cases in which the aircraft climbs above the
upper limit Sf the isothermal.atmosphere, because the engine cycle was
calculated on the assumption that smbient temperature was equal to the
temperature of the isothermal atmosphere. Above the isothermal
atmosphere, amblent temperatures would be slightly higher so that the
thermodynamic properties of air obtained from reference 2 would be in
error inasmuch as these properties change slightly with tempersture.

Diffuser. - A spike-type multiple-shock diffuser was assumed. ZExcept
for the investigation of the effect of diffuser recovery at one flight
condition, a single schedule of diffuser performance was used throughout
the analysis. Diffuser total—pressure ratios at the varilous Mach numbers
are tebulated as Ffollows:

Mech number| Diffuser total- -
Mgy pressure ratio

1.5 0.950
2.0 .930
2.5 .815
3.0 870
3.5 .500
4.0 315

Diffuser-outlet. Mach number was taken as 0.2 for all flight Mach
numbers where a combustion chamber ares larger than diffuser capture area
would result. Using the assumed schedule of diffuser recoveries resulted
in a diffuser-outlet Mach number of 0.2 at all flight Mach numbers below
3.08. At higher flight Mach numbers, the diffuser-outlet Mach number was
adjusted so that diffuser outlet area was exactly equal to diffuser
capture area. Using the assumed schedule of diffuser recoveries resulted
in diffuser-outlet Mach numbers of 0.1736 and 0.1746 for flight Mach
numbers of 3.5 and 4.0, respectively.

To check the validity of the ratio of diffuser length to outlet
dismeter of 4 assumed throughout. the analysis, the equivalent lncluded
conical expension angle of the subsonic internal-flow passage wes cal-
culated for.all Mach numbers. For typlcal ‘inlets capsble of achieving
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the assumed recoveries, the equivalent included conicel expansion angle - n
of the internal flow passage was between 5.6° and 6.1° in all cases, . ~ t
which justifles the assumed diffuser fineness ratlo. T

Combustion chamber. - The combustion-chamber inlet Mach number was
assumed equal to diffuser-outlet Mach number. A constant-erea burner
was assumed and total-pressure loes due.to frictlon was assumed equal to
twice the burner inlet incompressible dynemic pressure. Burner momentum
pressure loss was obtained from reference 16 on the assumption that all
Priction losses frecefled the heat addition.

.vEez .

Nozzle. - Complete expansion to atmospheric pressure through a o
convergent-divergent nozzle was assumed in all ceses. The polytropic L
efficlency of the ekhaust nozzle was taken as 95 percent, where poly- :
log of nozzle temperature ratio -

log of nozzle pressure ratlo

tropic efficilency is defined &s Tl>
T‘—

Fuselage

Geometry. ~ The fuselage was a c¢losed Hazack body described by L
equation ZBZS A volume of 450 cubic feet was allowed inside the fuselage
for pay load, controls, and unusable space. The remaining fuselage
volume was assumed to be entirely filled with fuel. The maximum cross-
sectlonal area of the fuselage Ag was obtalned using the following - .
equation, derived from reference 3: : . : '

4(Vs)z/s
A, = - 5
(P2, =)

The fuselage skin area sg can be obtained from equation (B4) by
consldering the fuselage made up of. two 1dent1cal closed tangent ogives. i
The result is: .. ... . i

sy = 2.878 fghAg (B86)

Drag. - The fuselage pressure: drag was calculated from equation (BS)
at a flight Mach number of 1.5 and correction .for the effect of Mach . ~ T
number was made as described previousgly. §8Skin friction drag was obtalned
from equation (Bl) for a value &f K~ of 1.05 and & Reyholds number besed
on fuselage length. Fuselage sngle of. attack was assumed to be zero, B
resulting in zero fuselage 1ift. : '
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APPENDIX C
COMPONENT WELGHTS

The analysis calls for expressions describing the variation of each
component weight with size, geometry, and loading. Accurate determi-
nation of these expressions could only result from a detailed design
study and even then the expressions would depend to some extent on the
ingenuity of the designer. Such a study is beyond the scope of this
analysis. - Furthermore, accuracy of this order is not required herein
because the malin purpose of the weight expressions is to effect a
compromise With the aerodynamic assum@tions 80 as to achieve balanced
results.

For exasmple, figure 5 shows wing drag-l1ift ratio plotted against
wing weight for one flight condition. The wing weight values are
approximate, because they are not based on asctual design data. If the
drag-1ift ratio values are correct, some errors in wing weight could be
partly compensated for by serodynamic considerations. If the welghts
agsumed were ‘all too low and the correct curves lie to the right of those
illustrated, applying these correct curves to the optimization portion
of the andlysis would result in a higher optimum sngle of attack than
would be found for the present curves and would result in a somewhst
larger drag-1ift ratic. Thus the optimization would mitigate the effects
of the change in wing weight by reducing the wing lift-drag ratio some-
what. The advanltage of this procedure lies in the fact that errors in
the welght assumptions are absorbed to some extent in the serodynamic
enelysis, so that their effects on the final results are not as drastic
as they would be if fixed angle of attack were asgumed. For the present
analysis, the weight assumptions can be rather genersl 1n nature without
greatly affecting the significance of the results.

The form of each weight expression was derived by elementary dimen-
sional considerations The constants in the expression were then evalu-
whose weight was known or assumed. Materials and design were assumed
adequate so that. the structures could function in the assumed environment
up to flight Mech numbers of 4.0 without loss of strength due to aero-
dynamic heating; therefore, no temperature corrections were included in
the weight equations.

Wing and Tail _ ]

Conventional semimonocoque construction was assumed for wing and
tail and the welght was divided into two categories; skin and skin
stiffening weight, and weight of meterial nécessary to resist bending.
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This elementary weight breakdown .is for analytical purposes only, and o
does not imply that in practice the skin cannot resist bending or that -
the spars cannot help stiffen the skin.  Therefore, the assumption of .
an effective skin thickness does not imply that the skin must be this

seme thickness at all points, but 1s meant to account for that part of T,
the wing weight which is necessary to provide a stiff wing covering '
capable of transmitting the aerodynsnilc loads to the bending and shear

members. Elastlc characteristics were not analyzed, but the weights and

geometry are conservative enough so that stiff wings should be possible g

in all cases. All material was assumed to be stainless steel having a S ¢
density of 490 pounds per cubic foot. No horizontal tail was included - _ b
and 1f verticsl tail area 1s assumed proportional to wing area, the .
welight of the vertical tall can be included in the wing skin weight term.

Minimum alloweble effective skin gage was taken as 0.015 inch for :3
wing loading of zero and was asgumed to be a 1linédsr function of wing )
loading increasing to 0.065 inch at a wing loading of 150 pounds per _
square foot. This gkin welght wag assumed to.include all necessary skin -
stiffening members. For fixed wirg geometry, dimensional anslysis
demonstrates that the weight necessary to resist bending is proportionsl

to the square root of wing asreas. Adding skin and bendling weights together __._..;
glves: _ - _ _ L m
L ]
1.22 ’ -
Wy = + 0.0271 + KA/S (c1)
(W/s) :

To evaluate K, the following specific wing was assumed and substituted
into equation (Cl):

Gross welght, W, 1b ’ c e e e e e e e e el e e e 100,000

Wing loading, W/S, lb/sq_ £t . S £70)
Aspect ratdo . .« . . . v 0 L 0t s s i e el e e e h d e e v e e s 3.0
Thickness ratlo, percent . « « ¢ ¢« ¢ ¢ & v & o ¢ 0 o o o o o o« 5 .-3% . - -
Normal load Factor « o v e« v v v & v o o ™0 0 4 v s 4 e e o 8 . 2.0 T
Wing welght, wyW, 1b . . « ¢« + + ¢« v &« ¢ ¢« « v &« o o« « « « «» + « 8,810

The final wilig welght equation is then: . . _ _ __ ... .. . ___ ..

1,22 T
= > .02 .002048 2
W (WS)+oo71+00004v5 (ca2)
The results of the wing analysis are typifled by flgure 5, which . -
illustrates wing performance at an altitude of 70,000 feet and Mach -
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number of 3.5 for an initiai gross weight of 150,000 pounds. Wing
performance at angle of attack for minimum wing drag-11ft ratio is listed
in table II.

Engine

Engine weight was considered in three parts: (1) diffuser and
associated weight, (2) combustion chamber and nozzle, and {3) outer shell.
The entlre engine was assumed to consist of stainless steel having a
density of 490 pounds per cublec foot. '

The inner shell (parts (1) and (2)) was designed to withstand an
internal Dpressure of 93.4 pounds per square inch gage. This pressure is
equivaelent to a flight Mach number of 2.0 at sea level (for a diffuser
total-pressure ratio of 0.94) or a flight Mach number of 3.0 at -
30,000 feet (for a diffuser total-pressure ratio of 0.67). The former
condition might represent a homing dive under power and the latter 1s a
typlcal climbing condition. In elther case, the hoop stresses in the
inner shell would be more severe for these conditions than for most
crulse operations; therefore the inner shell was designed for 93.4 pounds
per sguare inch gage, internal pressure. The nacelle outer shell thick-
negss was taken as independent of silze or pressure and constant wall
thickness along the length of each engine component was assumed.

The assumptions necessary to develop the weight equation are
summerized below:

Internal pressure, 1b/sq in. gege . . . . . < . . . . . . . .. . 93.4
Diffuser sllowsble stress, 1b/sq in. . Gt e e e+ e e e« « . 100,000
Diffuser island, frame and flame holder Weight,

percent of diffuser shell wéelght . .7 . v « i « v v o « « « « « « 200
Combustor.and nozzle allowsble stress, lb/sq in. . . .. . . . 850,000
Nacelle outer shell effective gage, in. . . . . . . . ¢« . . . . 0.020

Although the allowsble stresses for the diffuser and combustor may
have to be reduced for operatioh at high Mach numbers and associated
high stegnation temperatures, the altitude for most crulse operation at
these high Mach numbers would be sufficlently ‘high so that internal
pressure would be much less than the design pressure of 93.4 pounds per
square inch.

Application-of these assumptions to the engine geometry 1llustrated
in figure 4 results in the final engine-welght equation:
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engline welght = 490 ‘%.002802 sq’ AMfAc/® + 0.001868 (8gi-5gq) VA /® +

0.00167 s_.;l (c3)

Application of the assumptions listed previously to an englne size of
combustion-chamber aréa of 10 square feet wlll result in a diffuser skin
thickness of (Q.020 inch, and a combustion-chamber and nozzle thickness

of 0.040 inch. Each of these gages 1s probably near the practical mini-
munm. Decreasing engine size below 10 square feét combustion-chember area
therefore yields no .decrease in engine specific welght because both engline
welght and thrust decrease directly with combustion-chamber area for the
fixed engine geometry illustrated in figure 4. Increasing engine size
above 10 square feet combustion-chamber area wlll result in larger

specific weights because thrust increases directly wlih combustion-chamber .. _.

area whereas a portlion of the engine weight increases with combustlon-
chamber ares ralsed to the 3/2 power. Therefore, an englne size of
10 square feet combustion-chamber ares appears tc be near the largest
slze possible for minimum specific engine weight and for this reason,
this englne size was assumed throughout the analysis.

The results of the engine analysis are typified by figure 6, which
11lustrates engine performance at an altitude of 70,000 feet and Mach
number of 3.5. Engine. characteristics at the total-temperature ratic
for minimum speicific heet consumption are listed in table III.

Fuselage ot -

For consistency, fuselage weight assumptions were patierned after
wing weight assumptions wherever possible.. .Conventional semimonocoque _
congtruction was assumed, and the fuselage structural welght was broken
down 1lnto three categorles: (l)_skin and skin stiffening weight,

(2) fuel cell weight, and (3) weight of material necessary to resist
normal bending lcads. As in the wing welght analysls, this arbltrary
welght breakdown does nét imply that in practice each structural component
would serve -only the function sssligned to it.. The breakdown is assumed.
so that varlations in fuselage structurel welght with fuselage gecmetry
and fuseldge ldading can be lncluded in the anslysls. Fuselsge materisl
wag assumed to be stainless steel having a-density of 490 pounds per

cubic foot. . - . STl - ST TTIIIIITT Lo A I

2334
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A rigid fuselege is desirable, especially for the boosting phase
of the flight. If the fuselage is subjected to a 5G gross axial acceler-
ation during boost, hoop stresses are introduced in the fuselage shell
because of the pressure of the full fuel load belng accelerated within
the-fuselage. The fuselsge skin structure might be effective in with-
standing at least part of these hoop siresses as well as the column
forces due to the axial acceleration. A 1/16-inch equivalent fuselage
skin gage should be adequate in most cases and this gage was assumed
through the snalysis,: thus

fuselage skin and skin stiffening weight = 2.552 sg (ca)

Because the fuselage 1s asgumed to be almost entirely filled with
fuel, fuel cell welght was considered to vary directly with fuselage
skin area. Also, because the fuel cells must seal against the high
pregsures induced in the fuel asg a result of the axial scceleration
experienced during boost, the fuel cell welght was made proportional to
this induced preasure. If the fuselage is considered as a single fuel
tank, the pressure at the bottom of the tenk during axial acceleration
1ls proportional to fumelage length times fuel density. Thus

fuel cell weight o« fuselage length (ppsg)
(cs)
fuel cell weight o< FoweW

The weight of the stringers necessary to resist bending forces from
simple dimensional analysis is:

stringer weight <><:1«a'f-\'.\7(i‘s)3/2(ss)l/z (ce)

Totael. fuselage weight was expressed by adding skin, fuel cell, and
stringer weights together and evaluating the constants for a particuler
condition. The fuselage for which the constants were evaluated was
assumed to have the following characteristics:

Puel weight, weW, Ib « . ¢ ¢« ¢« ¢ . ¢ ¢ . ¢ v . ¢« . < . . . « 80,000
Fuselage fineness ratlo, £5 . . « - « + &« ¢« « v &+ ¢ ¢ v ¢« « v« « . 12
Fuel density, of, lb/éu i - A
Volume, Vg, cu ££ . . . . . . . ¢« ¢ o o o b0 .l égiggg + 450
Fuel cell weight, Ib . . . « « = v = « « « « 4 = 2 o & =« « « « . 6000
Normal load factor « « « & ¢« ¢ ¢« v ¢« v 4 ¢ i v 4 v s o 4 s e .. 2.0
Axisl load factor . . . )
Structural welght, wcW, lb e 4 e 4 ale e s e e e e a e w e . . . 12,000

-
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The - resulting fuselage weight_equation is:

2.552 ' ' -
Wg = .__Wﬁ+ W E).ooesss fg + 0.03067 (10) 3(1‘5)5/2(58)1/2] (c7)

The result of the fuselagé calculations are typified by figure 7,
which 1llustrates the fuselsge performancé at 70,000 feet altitude and
Mach number 3.5 for a fuél density of 50 pounds per cuble foot, and a
fuel welght to gross welght rastic of 0.65. ’

2334 !



rLZ2G

NACA RM ESIL21 .. 31

APPENDIX D
OPTIMIZATION
At each flight condition and fuel density investigated, the wing
angle of attack, engine total-temperature ratio, and fuselage fineness
ratio were optimized with respect to range.

Derivation of equations. - The ailrplane 1s assumed.to be in equili-
brivm flight with the englnes operating at thelr design point. Thus

F

Dy + Dg
(p1)
U(Dy + Dg) = We.

The gross welght is assumed to be made up only of fuel weight,
fuselage structure,weight, engine weight, wing weight, and pay-load and
controls weight. No horizontal tail was assumed and the weight of the.
vertical tall 1s included 1in wing welght. Thus

l=Wf+WS+U(DW+DS)+WW+WP (D2)

If the Breguet range equation is used, the dimensionlessg ratio. R/B can

be expressed:
B JN! : Dy4Dg ) € 1-wg

Conbining (D2) and (D3) gives

R _ . 2, 1l
B~ JN'(D,+Dg 1oge l;rs + U(D+Dg) + Wy + wp:l (D4)

In order to maximize R/B_ wlth respect to the three independent
variables a, T, and £, three simultaneous equations must be satlsfied
to esteblish necessary conditions:

aRB)=O | : (D5)
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3(R/B _
B) - 0 (D6)
3(R/B
- =o. B (D7)

Sufficient conditions are assumed to be adequately demonstrated by the
curves of figures 5 to 7, which are typlcal of those used in the
optimization procedure. Sufficiency is further demonstrated by
figures 2(e) to (g). BEquatlon, K (D4) is used and equation (D5) becomes:

Qv

a(RéB) -0 = [Ws+U(Dw+Ds)+Ww+wp] (U = tag

(DyDg) Evsm(nwws )+ww+wé,

—l._ log 1
e
(D----,Ds)z . | WgtU( Dyt Dg ) 4wyt wp | A

Total derivatives are permissible on the right side of the equation
because .Dy; and w, are not functions of T or fg. Dividing by

E‘w_w and simplifylng give: .
Dy ! - (p8)
awy, [YS+U(DWI—DS)+WW+WP] o 1 LU
(DytDg) _ Ee WetU (Dot Dg )+ Vet

Equation (D4) is used to give equation (D6) in the form:

(R/B) _ o =
- .

-]_ [ws+U(DW+Ds ) +ww+wp] (Dw'l'Dg ) dU
Ers+U( DyrtDg) +ww+wg

14, , 1 | an'
N'é €e WgtU (DytDg ) +¥prtwp | 4T

pecn
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Total derivatives are permissible on the right side of the eguation
because U and N' are not functions of ao or fg. Dividing by
%% and gimplifying and substituting for %ﬁl its equivalent, d(loge N')
yield

d‘(lOge N' ) = -1 - R (Dg)
au [We+U(DytDg ) +wyrtwp)] . r 1
DytDs e s 70(DD;, )+ww+wp:]

Through the use of equation (D4), equation (D7) becomes:

dbg dwg
-Efs+U(Dw+Ds)+Ww+W;-_>] U T
_ 8

=]

3R/B) _ o o

ofs (Dy+Dg) | wy+U(D4Dg) +ww+w£' 2

_ 1 log 1 dDg
(D,4Dg) 2 € | wgtU(D,+Dg) v | dfg

Total derivatives are permlsslble on the right slide of the equation
because Dg and wy; are not functions of « or <. Dividing by
d'W'B

—— and simplifylng give
ifs :  &5VE

d_'Ds _ . - '—l
dwy  [WgtU(DytDg ) +wytwp)]

[ 1
Dy Dg loge E”s"‘U(Dw"‘Ds)*'WW“'Wp} +T

Multiplying by lOS/qO to obtein & more convenient form glves

3 | 3
6 ) &3
= : DLO)
dwig {WertU(DyrtDg ) +wtwp | 1o 1 U (
DytDg ge E’B'I'U(DW’FDS) +ww+wp]
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Combining equations (D8), (D9), and (D1O) resulte in

103>

d(pg =

dDw _ 1 _%. . \° 9 (p11)
Ay au . 103 Ovg

a(Toga ®°) Y

In order to apply equations (D8), (D9), and (D1l0), the relatioms
between weight and efflciency for the wing, erigine, and fuselage must be
described. The methods used to6 obtain these relations are outlined in
appendixes B and C and the results are typified by figures. 5 to 7. TFor
this phase of the calculation, the fuselage data, such as that shown in
figure 7, were calculated for a constant value of gkin friction drag
coefficient CF g Of 0.0015. Therefore, the optimization phase of the
anelysis disregarded the éffect of Reynolds number on fuselage skin drag.
The effect of Mach number on nacelle and fuselage pressure drag was also
disregarded for this phase and equation (B3) was used to describe the
pressure drag of nacelle and fuselage bodies for a1l Mach numbers. After
the optimum values of «, T, and fg were obtalned by use of a fuselage
skin drag coefficient of 0.0015 and equation (B3) for all Mach numbers,
the final range parameter R/B was determined. The more exact value of
fuselage skin friction drag coefficient calculated according to
equation (Bl) and the variation of body pressure drag with Mach number
described in appendix B .were used in the determinstion of R/B

Solution of eguatlons. - The solution of the ‘analysis for any one.
set of conditions {one fuel density, Mach number, and altitude) consisted
of satisfylng the four equations (D2), (D8), (D9), and (D10) with the
four variables wp, «, T, and fg, with use of plots like those 1llus-
trated in figures 5 to 7. The correct wing, engine, and fuselage
performance at these optimom conditlons wes then obtained and thils
perfaormence substituted in equation. (D3} to obtain the range para-
meter R/B

The most convenient method of solving the four simltaneous equations
was ag follows: Approximate values of a, wp, and T were chosen. From

a plot such as figure 5, T was megsured at the value d; Wy COorres-
W
d@s 10
ponding to the asgumed . o. With equation (D11), v was calculated
8

and an epproximate  fg was obtalned by using this slope In a curve such
as figure 7. .Values of Dy, w,, U, Dg, and wg corresponding to the approx-

imate a, ¢, and f, were used and a new Wy was obtained from equation (D2).

123
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A new T was obtained from equation (D9) end a plot such as fligure 6;
& new o was obtained from equation (D8) and a plot like figure 5. If

the new values differed substantially from the values originally assumed,
the process was repeated wlth the new values, After accumulating a little

experience in meking the orlglnal approximations, it was seldom necessary
to repeat the process more then-'once. The values of o, T, fg, and wp
obtained from this process were used to recalculate fuel welght wy from
equation (DZ) with the more exact value of fuselage skin friction dreg
coefficient supplied by equation (Bl) and the more exact variation of
body pressure drag with Mach number as described in appendix B. The
result was compared with the fuel weight cobtalned previously, and if
necessary, this calculation was repeated with the corrected wvalue of

fuel weilght, but this was necessary only in a few cases.

Rumerical accuracy. - In general, the numerical accuracy of the
calculations was held to three significant figures, but the use of plots
fer so large a portlion of the caleylations Jeopardized thie accuracy
somewhat. The final wvalues of range are probsbly within 3 percent, but
the optimum values of «, ¥, and fg 1listed in table I may be off as
much as 10 percent in some cases.
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TABLE T - SUMMARY OF EFFECT OF FURL DENSITY ON ATACRAFT PERFORMANCE AT MAXDMM RANGE; INTTTAL

WEIGET, 150,000 FOUNDS) PAY-LECAD ANU CONTROLS WEIGHT, 10,000 POUNDS. W

Mook | Fzel Mngle of |Engine | Fumelage| Wing Wing (Wing weight | Engice 1fic beat] Nuoher [Foaelage|Fucelsge|Airplans [ Fosl Bange
rouber (Senaity |attack® |total- | fineness|losling -| to initial | ocutleh of 1 e ight icidrag-1irt keight aivided
gy [ o terper-{ ratio® [(Ib/sqft){1ift |groes weight| area to X' exgines| (ft] {inttial | ratio [initinl by
(b fou £t} [nﬁmi sture f. - rakio ratio cosbus- | Btu/sec ) groas D+D gred sffoctive
i S ratio® D - tion- !FéﬁE lya1ght 3 Leetght heating
L3 A ¥+ | chamber ratic ratio value
area '. 'f
retio (Qimansicn-
1. [ ]
Initiel Altitule, 35,352 £t
1.8 4 0.0678 | 4.59 | 13.5 | 170.3 |0.1200 0.095 1.01 14,88 7.60 | 4.9 |o0.2¢2 0.2474 | 0,244 Q.407
0885 | 4.20 | 119 | 67.0 | .1197] 096 .95 15.89 6.31 9.5 44 .1e83 | .em2 T3
50 0865 | 4.1 | 1ns5 |1 | 0197 086 .9 15.85 5.58 1.7 123 S185T ) .77 -680
100 0850 | 4.08 | 11.1 | 185.8 1196 0% .93 15.65 S.71 6.8 108 J145F | et 875
200 0859 | 4«.08] 10.8 | 1s5.5 | .1199 .09 .93 15.62 5.61 5.8 092 3% | .700 1.057
2,0 4 0.0728 | 5.21 ] .7 |[230.5 [0.1247] 0Q.085 1.15 11.18 4.85 | 1.7 |os2n 0.28351 | 0.54% 0.622
25 .0867 | 3.02 | 1.2 | 217.8 | .1234 086 1.1 11.09 3.52 2.0 162 1690 | Leel 3,296
50 0860 | 2.89 [ 12.7 | 215.3 1234 .087 1.10 11.08 5.23 7.5 139 A2 | .eec 1.52¢
100 L0674 | 2.88 | 12.3 | 2154 [ .123% .087 1.10 11.07 5.02 6.4 .123 .15%0 | .70 1.7118
200 0670 [ 2.87 | 12,0 [212.1 | .l23%) .07 1.10 11.07 2.89 5.6 s JASU | LT 1.862
2.5 4 | 0.0m74 | 2.76 | 1S.2 | 289.6 [o.1285 0.478 L.56 10.02 5.01 | 4.8 |o0.282 0.3433 | 0.555 0.731
25 L0707 | 2.58 | 14.0 | 264.5 | .1285 080 1.47 9.92 2.0¢ 8.8 AT 2121 | .68y -1.€32
50 .0685 | 2.55 | 15.6 | 280.0 | .1262] 081 148 8,90 1.82 Tk 150 1879 | .ess [ - 1.1
100 0887 | 2.55 | 5.2 |as7.1 | .12eQ) .o 1.4% 9.89 LT3 .3 1% -irel |o.707 2204
200 0881 | 2.5 [ 12.8 | 25¢.8 12804 .08l 1.45 g.a8 1.65 5.5 125 . 1629 TIE 2.439
5.0 4 o.0817 | z.20 | 15.5 5 j0.1 0.072 1.4 10.0L 262 | .4 | o.ZeC 2.4050 | o.s55e~ 0.749
25 024 | 215 [ .6 | 515.9 | .1zeg .07E 1.91 8.97 1.65 8.7 .1718 22371 | .eeT 1.767
50 o008 | 21| m.r | 309.4 | L1204 .076 1.90 9.97 1.44 7.3 155 2055 | o 2.15€
100 0638 | z.10 | 15.8 | 304.6 | .1282 017 1.89. 9.57 1.31 6.2 40 v1802 | .708 2.474
200 .0888 | 2.10 | 13.5 | 300.7 .1281 OTT 1.88 9.97 123 Sk 130 1752 LT .75z
5.5 3 0.0882 | 2.10 | 15.6 | 426.9 |o.13S 0.068 2.23 10.63 251 | 14.3 | o0.28% 0455z | 0.561 0.709
25 o6 | 2.03 | m.a |3e8.8 | .13 , .0% 2.19 10,82 1.57 8.6 181 2597 | .ceg 1.727
50 .ong | z.02 | L.t | 380.5 | .1507] 072 2.18 10.82 1.18 7.2 159 2223 692 2.143
100 aros | 202 | 4.3 | 355.2 | .1eee 013 2.18 10.82 1.05 6.2 144 L1975 708 2.517
200 L0688 | 2.0 | 14.0 | 348.2 [ .1287] 015 B.18 10.82 .56 5.3 1806 . 2.808
4.0 < 0.0880 | 2.32 | 18.7 [488.7 |[0.1363 O.0ES 2.82 12,88 17w | 4.2 |q.2e= ¢.5285 | 0571 0.63¢
25 043 | 2.25 | 151 (4221 | Lim4 .0E8 2.77 12.54 .99 8.6 184 2617 | 672 1.58%
50 0724 | 225 [ 14.9 | 410.3 | .1508 .069 2.76 12.5 - 7.1 .162 23588 [ .65C 2.004
100 0709 | 2.22 [ w.7 |401.8 | .1350%f o070 2.74 12.54 Tk 6.0 e 2072 [ . 2,383
200 0879 | 2.22 | 14.5 | 395.0 | .so2 .070 .74 12.8 88 5.3 157 .1905 | .T20 2654
Initial Altltule, 50,000 ft
1.5 4 0.0715 | 4.8 | 12.5 |B89.09 25| o.128 1.08 16.33 1.7 | 15.0° |o.233 0.1829 | o.52% 0.464
2s 0708 | 470 | 10.6 |87.835 | .12e% 126 1.08 16.17 ~ | 10.2 9.4 22 .488 | .e23 T
50 0102 | 4.88 | 30,1 [87.47 | .12 2126 - 1.01 16,15 gas | 7.9 100 21429 | 644 .638
100 L0689 | 4.64 9.7 |87.10 {.1221 .126 1.01 16.1% g.58 | 6.8 .080 1382 | .ese 902
200 0808 | 4.62 8.4 [06.75 | .1220 128 1.0 16.12 8.4l | 6.0 079 J1350 | .68 849
2.0 + o0.0748 [ 3.15 | 154 |17 jo.ize7| o1 1.135 11.26 7.85 | 14.8 | 0.239 0.2180 | 0.63%: 0.779
23 a2l | 2.8 | 1.7 fus.s 1258 112 1.10 11.2% 6.28 | 8.2 .I56 J1646 | .6AR 1.391
50 078 | 2.8 | W.2 |1i2,5 | .1257 115 1.10 ez - 5.87 | 1.7 116 1845 684 1.572
100 0712 | 287 | 0.8 | 1DL7 1256 .15 110 11.25 - 577 | 6.8 105 T C 1737
200 -0707 | 2.87 | 10.5 |11t | 1286 s 1.10 11.25 5.0 [ £.8 093 43 | .eso 1.820
2.5 4 0.0776 | 2.55 | 13.9 |144.4 J0.1301] 0.102 L.48 10.00 5.09 | 14.6 |0.251 0.2521 | 0.5 0.972
25 R 247 | 12,8 1364 | .1288 106 143 9.90 583 9.1 149 1790 853 1.840
50 L0727 | 246 [ 12,1 |1.% | .1288 104 1.45 9.97 585 | 7.8 .128 184 .628 2,182
100 0721 | 2.46 | 11.7 |133.@ [ .1285 105 L.42 9.97 5.38 | 6.5 18 .16t .690 ?.544
200 0717 ;.45 1.5 | e53.1 | .1e83 102 142 6.87 s.25 | 5.7 J108 1508 702 c..18
3.0 4 0805 25 | 14.5 |2174.3 | .1332] o.0m 197 10.15. 5.61 | u.7 [o.280 0.2e79 [o0.551 1.028
25 0748 | £2.16 | 15.0 |161.8 | .1518| .oar .82 10.09 z.e2 | 9,0 156 .1948 680 2,056
50 L0737 | 2.15 | 12.7 | 1%e.5 | .1310 .038 .92 10.08 2.40 ]| 7.5 157 764 879 2.390
100 Qo150 | 2.8 | 123 | 1s8.0 {1 .1%08 .08 1.92 20.09 2k | 6.4 i 1649 | .697 £.687
200 0725 | Z.15 | 2.6 |15 | .1307 .098 1.92 10.08 214 | 5.6 112 577 | 708 2.680
3.6 4 0.0830 [ 2.20 | 4.5 |20c.4 p.1382| o.088 2.29 - 10,94 297 | .6 [0.2e3 0.323% | 0.558 1.006
25 o7 | 2.2 | 15.4 | a1se.e 1327 091 2.24 10.82 2.05 | 8.9 152 p0BL | .EE4 2.094
50 o745 [ 2.1 | 1.1 | 18S.2 | .14 .092 z2.24 10.92 1B | T4 4L .1864 | .88% 2,479
100 0755 [ 2.11 | 12.8 |1s2.7 [ .1322 082 2.24 10,92 I.7L ] 6.3 12T JA724 | 700 2.794
200 L0728 | 2.1 | 12.5 |181.¢ | .1320 -093 2.24 10.92 1.82 | 5.5 17 JI8%8 [ .TI0 3.024
4.0 4 0.0850 | 2.30 | 16.7 |239.0 [0.1%7| ©.064 2.81 12.85 2.44 | ®.5 |oO. 0.3568 ] 0.8564 0.970
es5 L0765 | 2.22 | 13.7 [2Le.s | .155%] -087. 2.74 12.60 a.a .1E4 AIIT | 688 1971
50 0750 [ 2.21 | 13.5 |[2I0.9 1532} .088 2.8 1280 | L4 7.3 R 21944 | .€89 2,389
100 LML | 2.21 [ 1.2 | 208.¢ 1529 088 2.713 12.60 1.3z | 6.2 15D 2780 | L7104 2.89¢
200 0L 221 | 15.0 | 208.5 | .1528] 008 2.73 12.60 1.2¢ | 5.5 120 .85 | .71 .2.952

'owf.mm with resgect to range.
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TABLE I - SUMMARY OF EFFECT QF FUBL DEESITY ON AYRCRAMT PXRFORMANCE AT MAXTMOM RANGE; INITIAL g
QROSS WEIGHT, 150,000 POUNMDS; PAY-LOAD AND CONTROLS WEIGHT, 10,000 POUNDS Concluded - W -
Mack | Furl  |Angle of [Engine [Fasel. W4 Wing m-nuzn- h_a_in:__—“ “hoat| Fuder |Fusel oTego] Alrpiome | Fuel | g SR
2 3 . ] elag~ ng ©g Bpecific heat r elage|Fuse’ Alrplane | Fuel Range Lt
nurkor [dengity | attack® [total- |finencas 'load.iu drag-]| to inftim) | outlet pas ion | . of LE ghI:“ drag-1if t peight td divided .
", pr a  [temper-| ratio® }(Iysq fr)} 115t jgross welght| area | O onginog | (f£t) [imibial | ratlo |[initial W '_
ab/c“.ft) (rediars) ature Iy ratio ratio ocmbus~ Btg‘uc sroas :D'o-D' grous affective o
retiot B, *, - tion- wrlght veight heating -
T . shasber ratio ratio ';ﬁ' -
ares w A/
. [ (4 (dimension- -
. retio losx) [
Yoitial Altitude, 70,000 ft .
1.5 4 S.0780 5.70 10.7 37.41 (0,181 0.1350 1.24 15.0 0.1£5 0.1558 | 0.45% 0.400 . ol
0770 5.60. 8.8 36.98 -12357] 191 1.13 .7 088 -1398 520 LT
0767 5.60 | - 8.3 36,78 1256 -% 1.15 8.7 o7 1365 38 818
100 0763 5.68 7.8 [I&.59 1255 - 1.13 7.9 e 2:3 » 1543 S8 N .38
200 Q760 5.6 | - T.5 3C.48 12400 .19 1.15 7.4 #0055 -13%6 |° 507 <873 .
1.0 4 0.0797 340 1.7 | 48.20 |0.1300) Q.187 1.18 15.1 0.194 0.171a | 0.47€ 0.81t
5 0760 3.30 4.8 47.17 1294 -16a 1.17 - a.T 105 <1490 572 1.X38 v
50 0176 5.28 bx 4E.85 « 1253 138 L1z a.e 087 1447 5687 1.348 .
100 0TS 5.28 9 4C. 75 -189¢] Q48 1.1y 7.8 017 1406 604 L.429 -
200 0770 5.28 B.C 4G.06 .1281 a0 1.171 7.2 . 1387 i3 1.480
2.5 4 0.0812 2.85 122 Le.0m feo. 0. 182 1.50 16.1 0.210 0.1899 | 0504 1,153 -
25 .0788 2.60 10,5 58.37 L 1.48 2.8 117 108 03 1.7%2
0 0785 2.59 0.1 5600 1525 +18% 1.48 8.8 08 1514 624 1985
100 0782 2.59 2.7 £6.87 1524 185 1.48 7.7 LO8? 1469 637 .11 -
00 L7712 2.5 | Wi 5§.C6 1523 185 1.48 T.d 078 144l -G48 =107 .
3.0 4 0,0828 2.47 12.€ 88.92 {0.1*59 .14 .08 15.0 a.221 Q.2075 | 0.528 1.2 _
5 o797 2.35 1T, 66.40 | 13480 Pl —.0x 5. 05 127 1582 .- 2.139
50 0792 2.3% | "1b. 85,98 1568 143 &.01 10.23 4.96 8.5 108 1877 -Ede 2.37% -
100 0788 2.53 10.3 65.08 15 18k Z.01 10.28 4.78 7.7 -85 1521 .58 1.580 - "
200 .85 | 2.33°| 16,0 [ <L 164 2.01 10.23 4.67 7.0 087 +1488 666 2,85 - -
3.5 4 0,0839 Z.44 1.9 80.27 |0.I379 <. 151 2.43 11.21 4.58§ 15.0 0.228 0.2858 | 0.557 1.330 *
a5 L0805 | 2.5% 1.5 Tr.02 - 1386 »133 L 23T 1L.13 3.78 2.6 133 1742 837 .28
%o L0800 | 232 1.1 78.54 Pl 134 2.86 1l.12 3.5 8.4 126 1058 858 B.EE7
00 <0785 2.52 10.4 78.06 13562 «134 .38 1.1z 5.43 7.6 =102 »1588 <668 LTl -
200 aree 3 0.5 .78 . 1362 134 .30 11.12 5.34 F.Q 095 %27 £78 .55
4.0 4 7.085) B A3 15.2 .0d [ 0.1387f 0.1x3 .90 12.82 5.85] 4.9 0.254 0.2407 | 0.545 1.8
23 .081L 2,33 |- 1.8 "7 13Ty 128 2.85 12.Té S.1% 2.4 138 1812 2 .25
50 »080S 2,32 1.5 ar.06 «1571) A28 2.82 12.75 2.99 8.4 .19 .1686 583 2,838
100 0801 2.52 1,2 86.63 - 15708 128 2.82 12.75 2.84 7.5 #2106 - 1605 877 2,742
200 0797 2.32 10.8 8e.20 <1368% 127 z.e2 12.75 2.7¢ .8 -088 . - 1550 «58% ®.89% -
Initidl Altitude, 100,000 ft
2.5 4 0.2030 4.50 2.8 17.5% |0.1470 0.288 2.08 12.06 15.4 4.8 0.139 0.1640 | 0.371 0.733
25 0870, .25 1.8 16.63 . 298 2.01 11.80 171.8 2.5 L0687 <1527 A58 2 -
50 0864 4.13 7.4 15.43 1430 «287 1.58 11.684 18,2 8.0 ~055 +1502 A5 1.0m
100 L0961 4.0% T.1 18.58 »1425 298 1.95 11.58 18.4 1.0 047 <1483 A58 1.0M -
200 0980 4.00 LY 16,36 <J42T 298 1.4 11.52 18.5 8.3 Oz 1475 456 1.8
3.0 4 0.1046 5.86 10.8 20.80 [0.1500 0.260 2.83 11.57 12.8 15.0 0.153 0.1781 | 0.418 1.001
es 0987 3.59 L% 19.62 | 146 269 2.55 11.40 12.4 9.8 -07& 1583 487 1.584
80 - <0881 3.35 T.8 18.50 1460, 210 2.53 11.58 128 &l «063 138 500 1473
00 0978 3.52 1.5 19.44 «1AB0! 7L 2.82 11.32 1z.2 7.0 054 1532 508 1 .
. 200 Ny .28 T2 [18.42 J1e80] | .27 .50 1l.28 12.3 6.5 OL9 PRl % «5612 1.564
3.5 4 0.1080 3,30 0.8 24.19 [0.1320 0.239 2.54 12,25 10.1 5.1 0.164 G.1796 | 0. 445 1.1a8
25 - «100¢ 3.13 B.& 22.82 + 1485, 20T z.84° 12.04 2.74 2.6 085 1627 «BLE 1.89¢%
50 0994 3.10 a.1 2g.89 .1480! 248 2.82 12,08 8.686 8.2 070 »1592 554 1.743
100 .0991 3,07 T8 22,62 = 1480 248 £.81 12.01 9.62 7.1 061 +1568. 543 L.818
200 0990 5.04 7.5 22.59 + 1480 248 2.79 11.94 9.86 6.5 039 1534 548 L.589
4.0 4. 0.1088 3.58 1.0 a7.60 |0.1520, 0.28§ 3.51 15.88 8.07 | i5.1 ¢.177 0.1838 0,461 1.208
&5 «1006 3.20 2.0 25.977 | 1490, <250 .5.42 13.75 © 7.87 £.6 08 1685 54 L. 1T
50 0899 3.16 %] 25.79 -1490| L2351 3.40 15.89 ez 8.1 076 «1618 558 L.848
100 0996 5.15 . 8.2 235.71 - 1490 +23L 3.58 15.66 7.58 7.0 .088 .1589 508 1.8
200 Lo | -3.10 |- 7.9 25.88 1490 851 5.56 15.62 T.62 6.2 -080 1673 574 L.w87

‘:pum with respeat to rangs.
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TABLE IT - WING WEIGHT FOR MINIMUM WING DRAG-LIFT

RATTO. INTTIAL GROSS WEIGHT, 150,000 POUNDS.
Altitude! Mach Angle of Minimum |Wing weight
(£t) |number| attack for wing to initiel
Mb minimim wing drag-1ift| gross welght
dreg-11ft ratio ratio ratio
W
(radians) w
35,332 1.5 0.0596 0.1191 0.1001
35,332 2.0 .0613 1225 .0903
35,332 2.5 .0626 .1252 .0841
35,332 3.0 L0837 1276 L0791
35,332 3.5 .0645 .1290 .0750
35,332 4.0 .0847 .1294 .0718
50,000'| 1.5 . 0802 1204 .1350
50,000 | 2.0 .0621 1241 1199
50,000 | 2.5 0835 .1270 L1104
50,000 | 3.0 0647 .1297 - ,1028
50,000 '} 3.5 .0656 L1311 .0967
50,000 | 4.0 . 0659 .1318 .0920
70,000 | 1.5 L0611 1221 .2152
70,000 | 2.0 .06831 .1262 .1875
70,000 | 2.5 .0648 .1296 L1701
70,000 | 3.0 .0660 .1320 .1560
70,000 | 3.5 .0668 1335 .1454
70,000 4.0 .0672 1347 .1369
100,000 | 2.5 .0668 1335 .3694
100,000 | 3.0 .0682 1364 .3325
100,000 | 3.5 L0691 .1382 .3040
100,000 | 4.0 .0695 .1390 .2823

39
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TABLE IIT - ENGINE CHARACTERISTICS AT TEMFERATURE RATIO FOR MINIMUM SFECIFIC

HEAT CONSUMPTION.

COMBUSTTION-CHAMBER CROSS-SECTION AREA, 10 SQUARE FEET.

Altitude| Mach | Total-tempers- Minimum Engine Engine
- (£t) nunber| ture ratic for|specific heat|specific welght| thrust minus
Mb minimum consumptlon 1b engine nacelle drag
specific heat Btu/sec T6 thrust (1v)
consumption (lb thrust minus drag
minus drag
35,332 1.5 3.64 15.50 0.295 3200
35,332 2.0 2.80 11.03 139 7150
35,332 2.5 2.41. 2.88 .076 13,700
35,332 3.0 2.05 9.96 .056 20,200
55,332 3.5 2.04 10.81 .042 28,850
35,332 4.0 2.20 12.50 .030 41,200
50,000 | 1.5 3.64 15.80 .605 1570
50,000 | 2.0 2.83 11.20 .280 3600
50,000 | 2.5 2.40 9.97 157 6650
50,000 } 3.0 2.05 10.07 .1186 10,050
50,000 | 3.5 2.02 10.90 .086 13,800
50,000 [ 4.0 2.16 12.59 .064 19,800
70,000 | 1.5 3.84 16.26 1.500 630
70,000 | 2.0 2.94 11.43 .695 1430
70,000 | 2.5 2.48 10.13 .393 2680
70,000 | 3.0 2.18 10.31 269 4270
70,000 | 3.5 2.08 11.03 .213 5600
70,000 | 4.0 2.23 12.87 158 7810
100,000 | 2.5 2.57 10.40 1.593 670
100,000 | 3.0 2.16 10.46 1.174 980
100,000 | 3.5 2.12 11.30° .883 1350
100, 000 4.0 2.30 12.97 .646 1260

ey
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5 Mach number
Mo
13,5
l/”””’,””"_———j 2.5
"1
g / 4 ,é/
i, v
L 1”/;7k 2.0
E L—]
/AR
My
g5
o
g 1 — 1.5
] "]
P
/ g
|
0 100 200

Fuel density, pe; 1b/cu ft
(a) Initial gltitude, 35,332 feet.

Figure 1. - Effect of fuel density on range at various Mach numbers. Initial
gross welght, 150,000 pounds; pay-load and contrals weight, 10,000 pounds.
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Mach number

%o

\
|
il

\

Range divided by effective heating value, R/B
§ ' '

o 100 200

Fuel density, pg, lb/cu f£t.....
(b} Initial altitude, 50,000 feet. "~ -
Figure 1. - Continued. Effect of fuel density on range &t verious Mach

numbers. Initisl gross weight, 150,000 pounds; pay-load and controls
weight, 10,000 pounds. _ o N " S
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Mach number
3 My
| 3.5
;/:‘" 4.0
=T
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I - | 2.5

N
\

Range divided by effective heating value, R/B-

/i
= .
7
[
T

0 100 200
Fuel density, pp, 1b/cu ft .

(c) Initisal altitude, 70,000 feet.

Figure 1. - Contipyed. Effect of fuel density on range at various Mach
numbers. Initial gross weight, 150,000 pounds;- pay-load and controls

weight, 10,000 .pounds. '
L
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Mach number
¥o
2 4,0 g .
I, Y
// [ 3.5
= i
.3 _— 3.0
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B
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:
1

0 _ 100 200
Fuel density, pg, 1lb/cu £t

(d) Initial altitude, 100,000 feet. _ __—

Figure 1. - Concluded. Effect of fuel density on range at various Mach
numbers. Initial gross weight, 150,000 pounds; pay-load and controls

Veight I3 10 ,000 munds-. . . . . . - T
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4
Fuel density
PP |
(1bfecu £t}
200
=

L.

4 - 50.
//

Range divided by effective heating value, R/B

O Value used in calculsting effect
of other varisbles on range

0 5 —
Diffuser-total pressure ratio

(a) Diffuser total-pressure ratio

Figure 2. - Effect of design varisbles on range for three fuel densities.
Initial altitude, 70,000 feet; Mach number, 3.5; pay-load and controls
weight, 10,000 pounds.
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Renge divided by effective heating walue, R/B
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NACA RM ES5IL21

]
Fu.eT density
——q 1b/cu ft)
200
[ ————
\
—— 50
—0 ‘
QO Value used in calculating effect
of other variebles on range
N : 1

1

2

3

4 - 5

Combustion-chanber length-dismeter ratio

(b) Combustion-chamber length-dlameter ratio.

Figure 2. - Continued. "Effect of design varisbles on range for three

fuel densities. Tnitial altitude, 70,000 feet;
pay-load and controls weight, 10,000 pounds.

‘Mach number, 3.5;
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% . Fuel density
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O Velue used in calculeting effect
of other varisbles on range
1__ I
o] 10 ’ - 20 30 40

Combustion-chamber area, £q ft
(c) Combustion-chember aresa.’
Tigure 2. - Continued. Effect of design variables on range

for three fuel densities. Initial altitude, 70,000 feet;
Mach number, 3.5; Pay-locad and controls weight, 10,000 pounds.
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Puel density
Pe
(1v/cu £t)
200

Range divided by effective heating value, R/B

O Value used in calculating effect
of other variables on range

A

1

0 50 100 ©o-o1m0 200 - 250X0°
Initlal gross weight, W, 1b

(4} Initial gross weight.

Figure 2. - Continued. Effect of design varisbles on range for three
fuel densities. Initlel altitude, 70,000 feet; Mach number, 3.5;
pay-loasd and controls weight, 10,000 pounds.
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b 1
p.: O Value used in calculating effect
" of othar variebles on rsnge
é 1 E 1

.06 . . .08 .10 .12
Wing angle of stteck, o, radisns

(e) wing engle of attack.
Figure 2. - Continued. Effect of design variables on range for three fuel

densities. Initial altitude, 70,000 feet; Mach rrumber, 3.5; pay~-loed
and controls weight, 10,000 pounds.
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Engine total-temperature ratio, v
(£) Engine total-temperature ratio.
Figure 2. - Continued. Effect of design verlables on range for three

fuel densities. Initial sltitude, 70,000 Feet; Mach number, 3.5;
pay-load and controls welght, 10,000 pounds.
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\\\\ Fuel density—
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[/ ] ~ I

AN

Range divided by effective heating value, R/B

O Value used in calculating effect|
of other wvariables on range

W

| {

4 8 12 15 . 20 24 28
Fuselage filneness ratio, fg

(g) Fuselage-fineness ratioc.

Figure 2. - Concluded. Effect of design variables on range for three fuel
densities. Initial altitude, 70,000 feet; Mach mmber, 3.5; pay-losd and
controls welght, 10,000 pounds.

51



NACA RM E51121

52 <SONRETa»
Alumirm émr density)
Aluminum (full demsity)
~ — — — Boronm (half density)
— — — — Boron (full density)
——— =  Diborane
= = Hydrogen .
~—— — == MIL-F-5624A {JP-3 or JP-4)
1.6
. | ,/_’_::\
e e, ///’7 m\
/// _ \\ 4///’ ‘\
3 e 4 .
1.2 S A i EIYON :ﬁf" :
N -
A S /; 7l T~
//// /4
p _’—‘-—ﬁ\
/ § ~f . . )
8 P r/——\--l.\‘ // /,/ -
// 4,’/ — T ’ AP —
/< // . /- A/
v V74
“ W/ S/
7 /,
7.
g (a) Initial altitude, 35,552 feet. {b) Initial sltitude, 50,000 feet.
3 1.6 /, —]
£ /7 _:~—.-\*
/] ==X
. / /" ’ P
1.2 .'}'/’, el
. / y 7 7/
/// P e
,// 1’ '/ ///<f"
74 L-"" ] 4 Y, -
/4 7,
// s / / '/”/
.8 //’l i " i z
4 R
I/II/ / // /444 -
/ y : (i ~
7, .
4 //' ;
o ce i i 1
L 2 3 4 1 2 3 4

Figure 3. - Comparison of range potentialities of six rem-jet engine fuels.

(e) Initiml altitude, 70,000 feet.

Mach mumber, My

(4) Initial altitude, 100,000 feet.

Initial

gross weight, 150,000 pounds; pay-iocad and controls weight, 10,000 pounds.
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Figure 4. ~ Ram-jet englne geometry.
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Figure 5. - Typical wing characteristics. ' Altitude, 70,000 feet;
Mach number, 3.5; initial gross welght, 150,000 pounds.
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Engine total~temperature ratio, T

Natural logarithm of engine specific heat consumption,log, N',
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Engine specific weight, U, 1b/1lb

Flgure 6. - Typical engine characteristics. Altitude, 70,000 feet; Mach
number, 3.53; combustion-chamber cross-section area, 10 square feet.
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Figure 7. - Typical fuselage characteristics. Altitude, 70,000 feet;
Mach number, 3.5; initisl gross weight, 150,000 pounds; fuel weight
to initial gross weight ratio, 0.655 fuel density, 50 pounds per
cubic foot. i : i :
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